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1 NACA RM L51C06 CONFIDENTIAL 
NATIONAL ADVISORY COMMI'ITEE FOR AERONAUTICS 
RESEARCH MEMORANDUM 
AN INVESTIGATION OF A SUPERSONIC AIRCRAFT CONFIGURATION 
BA VING A TAPERED WING WITH CffiCillAR- ARC 
SECTION AND 400 SWEEPBACK 
A PRESSURE- DISTRIBUTION STUDY OF THE AERODYNAMIC 
CHARACTERISTICS OF THE WING AT MACH NUMBER 1.40 
By Norman F. Smith, Julian H. Kainer, 
and Robert A. Webster 
SUMMARY 
A pressure -distribution investigation of the wing, in the presence 
of the fuselage, of a supersonic aircraft configuration has been con-
ducted in the Langley 4- by 4- foot supersonic tunnel at a Mach number 
of 1.40 and a Reynolds number , based on the mean aerodynamic chord, of 
0.598 X 106 . The quarter chord of the wing was swept back 400 ; the wing 
had an aspect ratio of 4, a taper ratio of 0.5, and 10-percent-thick 
circular-arc sections perpendicular to the quarter-chora line. For the 
Mach number of the present investigation, the wing had supersonic 
leading and trailing edges; the leading edge, however, had a detached 
shock wave throughout the angle -of-attack range. 
The results of this investigation have been compared with the 
results of a previously reported investigation of the same configuration 
in the 4- by 4-foot supersonic tunnel at a Mach number of 1.59 and 
Reynolds number, based on the mean aerodynami c chord, of 0.575 X 106 . 
In general, the agreement between the experimental and t he theoretical 
wing characteristics at Mach number 1.40 was not as good as at Mach 
number 1 . 59 . The nature of the flow for both Mach numbers 1.40 and 1.59 
was qualitatively similar. The experimental l i ft and drag coefficients 
decreased and the pitching moments became more stable with i ncreasing 
Mach number as predicted by linear theory. For both Mach numbers, , 
t "e experiment a l lift and drag coefficients and the stability were less 
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than predicted by linear theory . The discrepancies resulted pri ncipally 
from the existence of large regions of separated flovT at t he trai ling 
edge ani at the outboard stations of the wing and i n part from the 
nressure of a detached leading- edge shock. 
At both Mach numbers a pronounced interference of t he fuselage 
on the wing was observed at the inboard stations but t his effect 
diminished fairly rapidly outboard. 
INTRODUCTION 
A comprehensive investigation of a supersonic aircraft configura -
tion having a tapered wing of circular-arc section, aspect ratio 4, and 
400 sweepback of the quarter-chord line has been conducted in the Langley 
4- by 4-foot supersonic tunnel. In order to obtain a detailed knowledge 
of the flow over the model as well as the general aerodynamic chara cter-
istics, extensive tests were conducted on both a large-scale force model 
and a pressure model .of the complete configuration at Mach numbers of 
1.40 and 1.59. The results of the pressure-distribution study of the 
fuselage and its canopies are reported in references 1 and 2 at Mach 
numbers of 1.40 and 1.59, respectively. The results of the pressure -
distribution study of the wing obtained during tests of the complete 
pressure model at a Mach number of 1.59 are presented in reference 3 . 
The force-model investigations of static longitudinal and lateral 
stability characteristics at Mach numbers of 1.40 and 1.59 are presented 
in references 4 to 6 . 
This report presents the results of the pressure-distribution study 
of the wing obtained during tests of the complete pressure model at a 
Mach number of 1 . 40 and a Reynolds number, based on the mean aerodynamic 
Chord, of 0.598 X 106 . For this investigation, the component of Mach 
number normal to the leading and trailing edges was supersonic; however, 
the shock wave at the leading edge remained detached throughout the 
angle - of-attack range. The pressure data have been analyzed in terms 
of section and over-all wing characteristics, and the experimental 
results have been compared with the corresponding calculations based on 
linear theory and with some experimental and theoretical results at a 
Mach number of 1.59 (reference 3). 
CONFIDENTIAL 
NACA RM L51Co6 CONFIDENTIAL 
SYMBOLS 







mass density of air 
airspeed 
speed of sound in air 
Mach number (Via) 
dynamic pressure (~v2) 
static pressure 









area extended through the fuselage 
span 
a spect ratio (b2/S) 
airfoil chord at any spaiwise station 
mean aerodynamic chorr. (~Lb/2 c2d0 
mean chord (Sib) 
chordwi se distance measured streamwise from the airfoil 
leading edge 
spanwise d i stance measured from the plane of symmetry o f 
the wing 
normal distance measured from the airfoil chord line 
angle of attack of the wing, degrees 
Pressure data: 
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pressure coeffic ient ( Pl q- P) 
section normal-f orce coefficient [J:l (PL' - Puld(~)J 
section chord-pressure-force coefficient 
section lift coefficient (cn cos a - Cc sin a) 
section pressure -drag coefficient (cn sin a + Cc cos a) 
section pitching-moment coefficient, due to normal forces, 
about the 25 -percent position of the airfoil chord 
section pitching-moment coefficient, due to normal forces, 
about a line perpendicular to the plane of symmetry and 
passing through the 25-percent position of the mean aero -
. dynamic chord [f (PL' - pul(Xc" - ~h~) 1 
distance fr om the leading edge of each spanwise station to 
a line perpendicul ar to the plane of symmetry and passing 
through the 25 -percent position of the mean aerodynamic 
chord (positive rearward from leading edge) 
wing lift coefficient (CL - (1 c I c d( y '\ 









ex, = 0 
wing pres sure-drag coefficient 
cd £. d(...L\ 
c \b/2} =~) qS 
wing pitching-moment coefficient about a line perpendicular 
to the plane of symmetry and passing through the 
25-percent position of the mean aerodynamic chord 
II ~ c c 2 C = C m.xl d~...L\ = Pitching moment m c' 0 (c )2 \.b / 2) qSc' 
spanwise location of the center of pressure of the normal 
chordwise location of the wing aerodynamic center 
lower surface 
upper surface 
value at angle of attack 
value at 00 angle of attack 
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APPARATUS 
, The Langley 4- by 4-foot supersonic tunnel is a rectangular, 
closed-throat, single -return wing tunnel designed for a nominal Mach 
number range from 1.2 to 2 . 2. Detailed descriptions of the tunnel and 
calibration of tne test section are presented in references 1 and 2 . 
The details of the wing and model (figs. 1 to 4) are discussed in 
reference 3 . 
TESTS, CORRECTIONS, AND ACCURACY 
The basic pressure data over the wing were obtained for angles of 
attack of _2°, 0°, 1°, 3°, 5°, 7°, 9°, 11°, and 13° at a Mach number 
of 1.40 and a
6
Reynolds number, based on the mean aerodynamic chord, 
of 0.598 X 10. The aerodynamic data have been obtained at the fol-
lowing tunnel stagnation conditions : pressure, 0 . 25 atmosphere; 
temperature, 110° Fj and dew point, - 300 F. For these test condi"tions, 
the calibration data (reference 1) of the test section indicate that 
the effects of condensation on the flow over the model are probably 
extremely small. Since the magnitudes of the flow angle, Mach number, 
and pressure gradients are small in the vicinity of the model, no 
corrections due to these sources have been applied to the data. A 
discussion of the acc'uracy of the wing data is presented in reference 3. 
PRESENTATION OF RESULTS 
The basic pressure data were obtained during tests of the complete 
model at f our spanwise stations varallel to the stream and at two 
stations oblique to the stream. (See fig. 3.) The pressure distribu-
tions from the streamwise orifices are presented in figure 5 and table I 
and from the oblique orifices in figure 6 and table II. In all the 
figures, flagged symbols are faired with dashed lines to deSignate the 
lower - surface data. A comparison of the basic pressure data for Mach 
numbers of 1.40 and 1.59 (reference 3) at angles of attack o f 30 and 11° 
is presented for the four streamwise stations in figure 7. The unit 
chordwise -pressure - force coefficient, defined as the product of the 
local pressure coefficient and the local slope in the streamwise direc-
tion, is presented in figure 8 for the four streamwise stations for 
representative angles of attack of _2°, 0°, 5°, and 13° . 
The pressure data of figure 5 are compared with calculations based 
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angles of attack in figure 10. The theoretical calculations were 
obtained by means of references 7 to 10 as explained in reference 3. 
7 
The section normal - force, chord-pressure-force, and pitching-moment 
coefficients at the four spanwise stations obtained by integrating the 
pressure data of figures 5 and 8, and the section lift and pressure-
drag coefficients obtained from a resolution of the section normal-
force and chord-pressure-force coefficients are presented in figure 11. 
m addition, figure 11 contains similar data at Mach number 1.59 (from 
reference 3) and the corresponding theoretical calculations for both 
Mach numbers. Since the effects of skin friction are not included in 
the drag coefficients obtained from the integrated pressure data, the 
experimental and theoretical drag coefficients are on a comparable basis. 
The spanwise distribution of the section coefficients and load param-
eters for normal force, drag, and pitching moment are presented in 
figures 12 to 14. Although the theoretical results for all conditions 
in figures 12 to 14 may be obtained from figure 11, only one represent-
ative theoretical curve has been presented therein. In figure 14J the 
section pitching-moment coefficients have been referenced to the 
quarter-chord line of the individual sections, and the loading parameters 
have been referenced to a line which is perpendicular to the plane of 
symmetry of the model and passes through the 25-percent position of the 
mean aerodynamic chord. A comparison of the experimental and theoretical 
load parameters for the section normal-force, drag, and pitching-moment 
coefficients for Mach numbers of 1.40 and 1.59 (reference 3) at angles 
of attack of 30 and 110 is presented in figure 15. Figure 16 presents 
a comparison of the experimental and theoretical locations of the 
centers of pressure of the normal forces at the four spanwise stations. 
The over-all experimental and theoretical wing characteristics for 
both M = 1.40 and 1.59 (reference 3), obtained from integration of the 
spanwise distributions, are presented in figure 17 as a function of 
angle of attack. These results were calculated by extrapolating the 
data from the wing-fuselage juncture to the center line of the model; 
the coefficients thus obtained are more nearly equivalent to a wing-
alone configuration than to a wing-body combination. (See reference 3.) 
Figure 18 presents the experimental and theoretical wing lift-drag 
ratios (obtained from fig. 17) for Mach numbers of 1.40 and 1.59 (ref-
erence 3). Figure 19 presents a comparison of the experimental and 
theoretical location of the lateral center of pressure Ycp 
---I ' and the b 2 
aerodynamic center no to indicate quantitatively the accuracy with 
which the root bending moments and the margin of static stability of 
the wing can be predicted. 
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DISCUSSION 
A detailed discussion of the limitations of experimental and 
theoretical comparisons is contained in reference 3. In general, the 
basic pressure data for M = 1.40 indicate flow characteristics which 
are similar to those observed at M = 1.59 and which are discussed at 
length in reference 3. The discussion in the present report will there-
fore be abbreviated in this respect, but will treat in detail comparisons 
of the data and theory for the Mach numbers of 1 . 40 and 1. 59 . 
Leading-edge pressure peaks induced by the detached leading-edge 
shock wave first appear with increasing angle of attack under approxi -
mately the same conditions for both Mach numbers, that is, at ~ = 50 
for -4- - 0.186 and 0.436 and at ~ = 30 fo r ~/ = 0 .686 and 0.937 b/2 - b 2 
(figs . 5 and 7 herein, and fig. 5, reference 3). Although the component 
of Mach number normal to the leading edge is supersonic for both Mach 
numbers, the leading-~dge shock is detached since the leading-edge 
wedge angle exceeds the maximum allowable for an attached shock. 
The wing-body interference effects at M = 1.40 for ~ = 00 
(fig. 9) are similar to the effects obtained at M = 1.59 (reference 3). 
The pressures on the upper surface have higher positive (or lower nega-
tive) values than those on the lower surface in the vicinity of the root 
section j this effect diminishes outboard. 
Some interference effects at the trailing edge in the f orm of 
sudden pressure increases are observed at all stations for M = 1.40 
(figs. 5 and 6) . These effects are stronger near the root section for 
the complete angle -of-attack range and diminish spanwise. Simil ar 
pressure increases were observed near the wing trailing edge at the 
inboard station at M = 1.59. These effects were r estricted to the 
inboard station at this Mach number (fig. 7), probably because the zone 
of influence of the fuselage at M = 1. 59 did not extend outboard of 
the root section. 
For zero angle of attack, a build-up of laminar separation from 
about the r ear 15 percent of the chord at the root to about the rear 
30 percent of the chord at the tip is indicated in the data of figure 9 . 
Comparison of these data with corresponding data at M = 1.59 (refer-
ence 3 ) indicates approximately the same point of separation. 
Examination of the lifting- pressure data for each spanwise station 
( fig . 10) indicates -slightly more lift on the expansion surface as 
observed for M = 1 . 59 (reference 3). While all the stations at 
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M = 1.59 exhibit less lift than predicted, the tip station at M = 1.40 
(fig. 10) indicates more lift than predicted. The marked contrast 
between the predicted and experimental flow is due to the effects of 
the detached shock wave and flow separation, which cannot be included 
in linear theory . 
The section data for Mach numbers of 1.40 and 1.59 are compared in 
figure 11. At M = 1.40, the lift coefficients are less and the 
pitching moments are less stable than the predicted values for all 
stations except the tip station, whereas the drag coefficients are less 
than the predicted values for all stations. At the tip station, the 
predicted lifting pressures are lower than the measured pressures 
(fig. 10) which causes section lift coefficients to be greater than 
predicted. The predicted pitching-moment coefficients are less stable 
since the predicted centers of pressure at the tip station are forward 
of the experimental positions . As the Mach number is increased from 
1.40 to 1.59, the experimental lift and drag coefficients decrease and 
the pitching-moment coefficients become more stable, as predicted by 
linear theory. 
The spanwise plots of the section data (figs. 12 to 14) clearly 
indicate that the measured lift, drag, and pitching-moment coefficients 
are less than predicted for all stations except the tip station. In 
figure 14, a positive loop in the theoretical curve for Cm is observed 
in the vicinity of the tip which is a direct consequence of the inter-
action of the root and tip Mach cones and the reflection of the root 
Mach cone off the wing tip (see figs. 3 and 10); however, these effects 
of the linear theory do not occur in the experimental data because of the 
presence of the detached shock and the separation effects. It may be 
noted that such effects were not found in the theory for M = 1.59 
(reference 3 ) Since, for practical purposes, the Mach cone from the root 
did not reflect off the wing tip. Hence, the calculated lift, drag, and 
pitching-moment coefficients were greater than the measured values for 
all stations including the tip station. Furthermore, the predicted 
qualitative trends agree well for both Mach numbers except the one for 
the tip station at M = 1.40. 
A comparison of the spanwise distribution of load, drag, and 
pitching-moment parameters (fig. 15) at two angles of attack for Mach 
numbers of 1.40 and 1.59 shows the decreasing trends with increasing 
Mach number predicted by linear theory. 
The data of figure 16 show that the experimental centers of pres-
sure are forward of the theoretical locations. Very little shift in 
the measured center-of-pressure location is observed either spanwise or 
with angle of attack . 
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The integrated results show a decrease in lift, drag, and pitching-
moment coefficients with increasing Mach number for all angles of attack 
(fig. 17) as predicted by linear theory. Closer agreement between 
experiment and theory is observed, however, for M = 1.59 since the 
flow conditions more nearly approach the a s sumptions required by linear 
theory. 
At a Mach number of 1.40 the maximum experiment~l LID was 5.6 as 
compared with the predicted value of 4.4. (See fig. 18.) Better agree -
ment was observed at M = 1.59, and a higher maximum LID was realized 
at M = 1.40 than at M = 1.59. These phenomena are a consequence of 
the fact that, in the vicinity of transonic flows, the actual drag does 
not follow the predicted asymptotic peaks while the actual lifts do 
. follow such a trend. 
For a Mach number of 1.40 the measured aerodynamic center was for-
ward of the predicted location, while excellent agreement was observed 
for the lateral center of pressure for all angles of attack (fig. 19). 
This agreement may be somewhat fortuitous in that the integrated result 
is affected by the disagreement in the section lifts in the vicinity 
of the wing tip at M = 1 . 40 (fig. 10). Comparison of these data with 
the results of reference 3 shows that a decrease in Mach number from 
1. 59 to 1.40 resulted in a forward movement of the aerodynamic center 
of about 5 percent of the chord and an outboard shift in the l ateral 
center of pressure of about 5 percent of the wing semispan. 
CONCLUDING REMARKS 
A pressure-distribution investigation of the wing (in the presence 
of the fuselage) of a complete supersonic aircraft configuration has 
been conducted in the Langley 4- by 4-foot supersonic tunnel at a Mach 
number of 1.40 and a Reynolds number, based on the mean aerodynamic 
chord, of 0.598 x 106 . The quarter chord of the wing was swept 
back 40°; the wing had an aspect ratio of 4, a taper ratio of 0.5, and 
10-percent - thick circular-arc sections perpendicular to the quarter -
chord line. For the Mach number of the present investigation , the wing 
had supersonic leading and t railing edges; the leading edge, however, 
had a detached shock wave throughout the angle-of-attack range. 
The results of this investigation were compared with the results 
of an investigation of the same configuration in the 4- by 4-foot super -
sonic tunnel at a Mach number of 1.59 and a Reynolds number, based on 
the mean aerodynamic chord, of 0 .575 X 106 . In general, the agreement 
CONFIDENTIAL 
NACA RM L51C06 CONFIDENTIAL II 
between the experimental and the theoretical wing characteristics at 
Mach number 1.40 was not as good as at Mach number 1.59. The nature of 
the flow for both Mach numbers 1.40 and 1.59 was qualitatively similar. 
The experimental lift and drag coefficients decreased and the pitching 
moments became more stable with increasing Mach number, as predicted 
by linear theory. For both Mach numbers, the experimental lift and 
drag coefficients and the stability were less than predicted by linear 
theory. The discrepancies resulted principally from the existence of 
large regions of separated flow at the trailing edge and at the outboard 
stations of the wing and in part from the pressure of a detached leading-
edge shock. 
At both Mach numbers a pronounced interference of the fuselage on 
the wing was observed at the inboard stations but this effect diminished 
fairly rapidly outboard. 
Langley Aeronautical Laboratory 
National AdviSOry Committee for Aeronautics 
Langley Field, Va. 
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(percent c) a. = -';!l a. = 00 
1.020 0.513 0.400 
2.549 .416 .318 
4.971 .348 .263 
7.521 .294 .217 
9.943 .268 .197 








25 .876 .083 .016 
40 .790 .015 -.045 
50 .988 -. 005 -.063 
60 ·293 -. 041 - .089 
72 .020 -.102 -.144 
82 .473 -.160 -.196 
89.484 -.188 -.216 
97 .132 -.152 -.180 
2.040 0.001 0.173 
6.119 .059 .126 
11.090 .011 .074 
15.041 -.003 .056 
18.228 
-·009 .046 
23·072 -.023 .026 




55.959 -.120 -.079 
66.794 -.156 -.119 
~6.864 -.204 -.168 
4.895 -.244 -.206 
91.396 -.264 -.198 
97.387 -.234 -.176 
TABLE 1.- PRESSURE COEFFICIEIIT DATA FOR FOUR SPANWISE STATIONS 
(a) $. ~ 0.186 
Pressure coefficient 
a. = 10 a. = 3° a. = 5° a. = l' a. = 9° 
Upper surface 
0.334 0.143 -0.084 -0.294 -0.408 
.2/0 .141 0 -.212 -. 350 
.226 .125 .024 -.101 -.255 
.180 .097 .016 -.053 -.161 
.164 .089 .012 -.055 -.135 
.139 .071 -.004 -.075 
.065 -.008 
.037 -.019 -.082 -.132 -.189 
-.011 -.067 -.128 -.180 -.231 
-.071 
-·127 -.180 -.226 - .271 
-.087 - .143 -.188 -. 232 -.271 
-.110 -.161 -.200 -.236 -.271 
-.162 -.207 -.244 -.2/2 -.300 
-.212 -.247 -.282 -.308 -.332 
-.212 -.225 -.308 -·332 -·352 
-.180 -.209 -.248 -.204 -.205 
Lower surface 
0.234 0.325 0.403 0.471 0.535 
.164 .225 ·292 .358 .425 
.105 .161 .232 .296 .358 
.085 .145 .206 .264 .322 
.077 
·129 .188 .242 .298 
.053 .101 .154 .206 .272 
.015 .057 .110 .190 .237 
-.011 .033 .086 .149 .217 
-.02/ .015 .066 .123 .181 
-.059 -.017 .030 .083 .137 
-.099 -.059 -.016 .031 .081 
-.150 -.115 -.074 -.029 .018 
-.186 -.157 -.116 -.073 -.026 
-.200 -.179 -.138 -·097 -.050 
-.180 -.203 -.128 -.120 -.090 


















































































(percent c) CL = - ';20 
5.4T7 0.374 
20 .429 .200 
26 .351 .133 
30.348 .083 
33 .309 .053 
40 .266 .005 
o 
~ 
46 .780 -. 031 





77 .276 -.172 
85 .270 -. 218 
90 .007 -.214 
97.557 -.190 
3·553 0.067 
7 .254 .101 
11.695 .083 
22.650 .003 
31.236 -. 055 
34.493 -.083 
48 .409 -.158 
55 .366 -.190 
63 .360 -. 216 
71.799 -· 250 
79 .349 -.270 
86 .751 -.306 
92 .228 -.328 
96.817 -. 274 
~BLE 1.- PRESSURE COEFFICIENT DA~ FOR FOUR SPANWISE STATIONS - Continued 
CL = 0° CL = 1° I 




-. 001 -. 037 
-. 045 -. 085 
-. 081 -.116 
-. 089 -.122 
-.142 -.176 
-.160 - .194 
-.206 -.232 
-.236 - .220 
-. 210 -. 208 
-.198 -.208 





-. 019 .001 
-. 097 -.077 
-.128 -.108 
-.160 -.140 
-. 200 -.184 
-.224 -. 212 
-.208 -. 240 
-.196 -.216 
-. 206 -. 208 
(b) L = 0.436 
b /2 
Pressure coefficient 
CL = 30 I CL = 5° 
Upper surface 
0.119 -0.1l6 
.031 -. 026 
-.023 -.068 
-. 069 -.1l4 
-. 097 -.146 
- .145 - .192 
-.177 -.224 
-.185 
-.233 - .280 
-.249 -.294 
-.281 -.318 
- ·303 -.350 
-.303 -.366 










- .097 -.042 
- .143 -. 088 








-.146 - .293 
-.174 -. 289 
-.228 -. 281 
-.266 -. 300 
-. 324 -. 360 
-. 338 -· 380 
-.362 -. 408 
-. 385 -.428 
-·377 -. 376 
-.220 -. 241 







.05 3 .109 
.009 .061 
-.039 .006 
- .081 -.040 
- .128 - .088 
-.160 -.121 
-. 190 -.153 
I 














































































(percent c) a = -'if> 
2.476 0.475 
10 .oBo .314 
13 .439 .268 
20.159 .204 
25 ·995 .137 
33.245 .061 
39.965 .017 
46 .508 - .015 




55.880 -. oB3 
66 .844 - .146 
72·325 -.178 








16 .446 .049 
30 .062 -. 047 
36 .428 
-.091 
42.971 -. 126 
48 .806 - .162 





82.582 - ·320 
87.533 
93.015 - .356 
97.436 - .306 
, 
TABLE I. - PlW3SURE COEFFICIENT DATA FOR FOUR SPANWlSE STATIONS - Continued 







-. 039 -.075 
-.069 -.104 
- .105 - .144 
- .128 - .168 
-.184 - .220 
- .216 -.248 
-.256 - .266 
- ·252 -.240 
-. 224 - .228 
-.224 -.232 





- .021 -.001 
-.061 -. 043 
- .101 -.oBl 
-.127 -.loB 
-.154 -.136 
- .184 - .164 
-.216 -.196 
-.248 -.232 
-.254 - ·252 
-.268 
-.224 -.244 
- .224 -.234 
(c) L = 0.686 
b/2 
Pres8ure coefficient 




.069 - .130 
.035 -.074 
-.023 - .062 
- .093 -.126 
- .137 -.172 
-.163 -. 200 
- .201 - .238 
-. 223 - .262 
- .275 - ·310 
-. 301 - .338 
-· 339 - .374 
- ·361 - .396 
-.374 - .404 
-.331 - .328 








- .027 .038 
-.053 .0oB 
- .oB3 -.026 






-.281 - .256 
-- ---
a.=f a. ~ <j> 
-0.430 -0.501 
-. 291 - .396 
- .267 - .378 
- .223 
-. 310 
- .279 - .358 
-· 291 -. 368 
-. 316 - .398 
-. 314 -.406 
- .340 - .434 
- .366 -. 452 
-. 402 - .456 
- . 424 - .436 










































































































I (precent c) a. = -~ 
2.420 0 .497 
13.641 .264 
20.242 .186 
30 .363 .057 
33 ·223 .023 
o 36 .744 -. 013 
~ 40 .264 -. 037 46 .865 -. 091 
I 
~ 
60 .946 -.162 
67 .327 -.198 
85 .369 -. 290 
92 .629 
-· 310 




16 .722 .073 
23 ·322 .001 
28. 383 - .039 
31.903 -. 059 
38 .504 -.102 
43.564 - .112 
49 .505 - .170 
56.326 -. 206 
64.466 -. 242 
88.009 -. 318 
93 ·729 -. 296 
98 .350 - .270 
TABLE 1 .- PRESSURE COEFFICIENT DATA FOR FOUR SPANWISE STATIONS - Concluded 
a. = 0° a. = 1° 





-. 013 -. 043 
-. 045 -. 073 
-. 065 -. 091 
-. 113 -.141 
- .180 -. 204 
-. 214 - .236 
-. 216 - .220 
-. 210 - .216 







-. 007 .007 
-.057 - .043 
- .049 -. 043 
- .128 -.118 I -.166 - .160 
- .204 - .196 
-. 210 -. 220 
-. 208 -. 216 
-. 208 - .212 
(d) L = 0.937 
b /2 
Pressure coefficient 





- .063 -.178 
- .083 -.180 
-.111 - .186 
- .129 -.184 
- .177 -. 200 
-. 237 -.244 
-. 269 - .274 
-. 347 -. 358 
-.363 -. 378 
-· 299 -. 314 









-. 037 .006 
-. 091 - .058 
- .131 , -.104 
- .171 -.146 
- .289 - .272 
-. 305 -. 292 
-·291 -. 308 
a. = 'f a. = 9° 
-0.413 -0.474 
- ·290 -. 386 
- .274 - .364 
-. 274 -. 364 
- .274 -. 358 
- .282 - .356 
-. 278 -. 344 
-· 310 -. 376 
-. 346 -.406 
-. 369 -.428 
-. 423 -. 468 
- .421 -. 460 
- .362 -.420 










-. 067 -. 026 
- .110 - .074 
-.246 - .221 
-. 270 -. 249 
- .326 -.324 





































































































TABLE 11.- PRESSURE COEFFICIENT DATA FOR TWO OBLIQUE STATIONS 
(a) Station A 
Pressure coefficient 
ex. = _2° ex. = 0° ex. = 1° ex. = 3° ex. = 5° ex. = 7° ex. = 9° ex. = 11° 
Upper surface 
0.429 0·302 0.232 -0.005 -0.290 -0.403 -0.479 -0.528 
.300 .215 .164 .049 -.136 -.274 -.370 -.452 
.067 .009 -.021 -.089 -.140 -.214 -.340 -.408 
.013 -.045 - .071 - .135 -.186 -.224 -.344 -.414 
- .051 -.103 -.130 -.189 -.242 -.280 -.326 -.424 
-.148 -.194 -.216 -.264 -.312 -.352 -·392 -.432 
-.220 - .252 -.234 -.316 - ·352 -.381 -.444 -.444 
-.212 - .208 -.210 -·328 -.308 -.248 -.237 - .252 
Lower surface 
0.103 0.237 0.296 0·390 0.463 0.529 0.589 0.642 
-.031 .032 .061 .119 . ISo .250 ·310 .370 
-.174 - .125 -.097 -.041 .016 .069 .133 .191 
- .228 -.176 -.150 -.097 -.048 .007 .062 .116 
-.280 -.242 -.222 -.181 -.136 -.085 -.038 .009 
-.240 -.214 -.238 -.217 -.188 -.146 - .104 -.059 













































TABLE II.. - PRESSURE COEFFICIENT DATA FOR TWO OBLIQUE STATIONS - Concluded 
(b) Station B 
Ori fice Pressure coefficient 
stati on 
a. == 9° I a. == 11 ° (percent c) a. == _2° a. == 0° a. == 1° a. == 3° a. == 5° a. == ~ a. == 13° 
Upper surface 
12.077 0.268 0.185 0.139 0.085 -0.178 -0.280 -0.376 -0.460 -0. 524 
23.188 .131 .062 .027 - .04J- -.176 - .280 -. 360 -.432 -.488 
36 .473 .027 -.037 -.069 - .x33 -.176 -.306 -.378 -.438 -. 488 
47 .101 -.049 -.107 -.138 -.193 -.232 -.336 -.404 - .456 -.498 
63.043 -.142 -.192 -.220 -. 264 -.306 -·371 - .430 - .448 
73· 671 -.204 - .252 -.268 -·320 - .358 -·391 -.420 -.444 -.472 
82. 609 -.256 - .250 -.234 -.362 -.400 -·377 -.412 -.442 -.470 






2.174 0.093 0·307 0.381 0.488 0.563 0. 623 0. 678 0. 725 0. 762 
8 .937 .087 .200 .245 ·325 ·393 .457 .518 .579 .633 
17.633 .021 .109 .143 .212 .278 .339 .402 .464 ·517 
29·710 - .062 .006 .035 .097 .158 .218 .280 .340 ·397 
42.512 -.147 -.088 - .062 -.008 .055 .110 .171 .229 .284 
56 .522 -.222 -.169 -.146 -.091 -.035 .018 .075 .128 .181 
68.599 -.284 -.233 -.213 -.162 - .111 -.062 - .010 .042 .092 
80.193 - .259 -.249 -.263 -.217 - .171 -.125 -.074 -.027 .021 
































L- 58869 . 1 
Figure 1.- Pressure model of the supersonic aircraft configuration tested 
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Figure 2.- Details of model of supersonic aircraft configuration. 
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Figure 5 .- Variation of pressure distribution with angle of attack at four 
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Figure 6.- Variation of pressure distribution with angle of attack at two 
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Figure 8 .- Variation of unit chordwise-force coefficient with angle of 
attack at four streamwise stations. Flagged symbols denote lower 
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Figure 10.- Compari son of experimental and theoretical surface lifting-
pressure coefficient for representative angles of attack at four 
streamwise stations . Flagged symbols denote lower surface. M = 1.40. 
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Figure 11 .- Conc luded. 
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Figure 12.- Span-load distribution for representative angles of attack. 
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Figure 13.- Spanwise distribution of drag for representative angles of 
attack. M = 1.40. 
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Figure 14.- Spanwise distribution of pitching moment for representative 
angles of attack. M = 1.40. 
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Figure 15.- Comparison of spanwise normal-force, drag, a nd pitching-moment 
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Figure 16.- Chordwise location of section center of pressure as a function 
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Figure 19 .- Variation of aerodynamic center and lateral center of pre ssure 
with angle of attack . M = 1.40 . 
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